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Abstract

:

Hypersonic aircraft design is an enabling technology. However, many problems are encountered, including the design of the hood. The aircraft optical dome can become heated due to aerodynamic effects. Since the optical dome of a hypersonic aircraft should satisfy optical imaging requirements, a conventional ablative coating cannot be adopted. The aerodynamic heating characteristics during the whole flight must be studied. In this study, a numerical simulation method for the aerodynamic heat of hypersonic aircraft under long-term variable working conditions is proposed. In addition, the numerical simulation of the external flow field and structure coupling of the aerodynamic heat problem is performed. The dynamic parameters of temperature and pressure are obtained, and the thermal protection basis of the internal equipment is obtained. Numerical results indicate that the average temperature and maximum temperature of the optical dome for inner and outer walls exhibit an “M” shape with time, with two high-temperature cusps and one low-temperature cusp. The time of average temperature coincides with that of maximum wall temperature. During the flight, the wall pressure changes with time, exhibiting the characteristics of higher temperature at both ends of the flight and lower temperature in the middle. The structural temperature of the hypersonic aircraft is higher than that of the external flow behind the shock wave after 310 s. Therefore, this study provides a reliable reference for the preliminary design and parameter research of optical domes of hypersonic aircraft.
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1. Introduction


With the development of near space flight and transport technology, hypersonic flight technology is proposed [1]. Compared with traditional low-speed and supersonic aircraft, hypersonic aircraft have the characteristics of higher speed, lower interference, and longer voyage [2]. The optical dome is a vital part of hypersonic aircraft and must withstand extremely high temperatures and pass through electromagnetic waves and infrared signals of various bands [3]. However, due to aerodynamic heating, a large amount of heat flow is transmitted to the optical dome; this increases the internal temperature and endangers the electronic equipment inside the optical dome [3]. The aerodynamic heating is strongest near the optical dome, and the heat distribution of precision instruments inside the optical dome is closely related to the optical dome temperature distribution [4]. Therefore, it is necessary to study the aerodynamic heat transfer of the optical dome for hypersonic aircraft.



Many countries are conducting extensive research on hypersonic technologies, especially the development of hypersonic aircraft for use in near space. Hamilton [5] proposed an algorithm for the aerodynamic heating on the windward side of the space shuttle to predict the heat flux density in the windward surface flow and turbulent region. The results obtained using the algorithm were consistent with the wind tunnel test and actual flight test results. Davis [6] simplified the Navier–Stokes equation and obtained the viscous shock layer equation by retaining the quadratic term of the Reynolds parameter in the Euler equation. When calculating the aerodynamic and thermal parameters of the flow region behind the shock wave, the calculation accuracy of this equation is higher than that of the boundary layer equation. Riley [7] proposed an approximation algorithm for the convection heat transfer in the aerodynamic heat flow on the surface of hypersonic aircrafts under the assumption of ideal gas inviscid flow. This algorithm can be used to calculate the aerodynamic heat generated by different shapes and laminar turbulence. Lei et al. [8] proposed a hybrid algorithm to calculate the aerodynamic heat of hypersonic aircraft and calculated the heat flow and temperature distribution. Experimental data demonstrated the effectiveness of this algorithm. By using the reference temperature method and semi-empirical formula, Che et al. [9] calculated the aerodynamic heat of hypersonic aircraft at different stages and established the heat transfer equation by combining aerodynamic heating, thermal radiation on the aircraft surface, and heat conduction inside the aircraft shell. They found that the temperature of the aircraft dome changes with time. Xia et al. [10] used the finite volume method and finite element method to simulate the coupling process between the high-speed flow and heat conduction in the blunt body; the obtained results were consistent with the wind tunnel test results.



In this study, a numerical simulation method for unsteady hypersonic aerodynamic heating and a fluid-thermal coupling effect is proposed. In addition, the aerodynamic heat transfer characteristics of a hypersonic aircraft optical dome are obtained.




2. Computational Model


2.1. Governing Equation


The three-dimensional unsteady Reynolds-averaged Navier–Stokes [11] equation is used. The gas mass conservation equation is


    ∂ ρ   ∂ t   + ∇  (  ρ V  )  = 0  



(1)







The equation of conservation of momentum is


   ∂  ∂ t   ( ρ v ) + ∇ ( ρ v v ) = − ∇ p + ∇ τ  



(2)







The energy conservation equation is


    ∂  (  ρ T  )    ∂ t   +   ∂  (  ρ u T  )    ∂ x   +   ∂  (  ρ v T  )    ∂ y   +   ∂  (  ρ w T  )    ∂ z   =  ∂  ∂ x    (   K   c p      ∂ T   ∂ x    )  +  ∂  ∂ y    (   K   c p      ∂ T   ∂ y    )  +  ∂  ∂ z    (   K   c p      ∂ T   ∂ z    )  +  S T   



(3)








2.2. Turbulence Model


The Shear Stress Transfer k-ω model (SST k-ω model) considers the influence of turbulent shear stress propagation on turbulent viscosity and incorporates the cross-diffusion term from the k-ω equation. In addition, it is not affected by inflow parameters and has good computational stability in the boundary layer [12]. Moreover, the SST k-ω model has a better treatment effect on the near wall, thus yielding higher accuracy and a faster convergence rate [13]. Therefore, the SST k-ω model is selected as the turbulence model. In this model, the turbulence viscosity is affected by the turbulence frequency and turbulence kinetic energy and is expressed as follows:


   μ t  =   ρ k  ω   



(4)






    ∂ ( ρ t )   ∂ t   + ∇ ( ρ U k ) = ∇ [ ( μ +    μ t     σ k    ) ∇ k ] +  P k  −  β ′  ρ k ω  



(5)






    ∂ ( ρ ω )   ∂ t   +   ∂ ( ρ ω )   ∂ t   + ∇ ( ρ U ω ) = ∇ [ ( μ +    μ t     σ ω    ) ∇ ω ] + α  ω k   P k  −  β ′  ρ  ω 2   



(6)







At high temperatures, the assumption of constant specific heats is not valid. For example, in air, the vibrational modes of energy begin to become excited at 800 K and the specific heats become functions of temperature. When the gas mixture is in thermal equilibrium at a single mixture temperature, the specific heats vary as a function of temperature only. This is the definition of a thermally perfect gas mixture. The perfect collisional behavior is still assumed; thus, the p-v-T equation of state is the same as for a calorically perfect gas:


  P = ρ R T  



(7)







The internal energy of the mixture is computed as:


   e m  =   ∑  i = 1  N    f i     e i   



(8)







However, the expression for component internal energies is altered to account for the variation of    C v    as a function of temperature:


   e i  =    ∫   T 0   T    C  v , i       ( T )  d T +  e  0 , i    



(9)




where    e  0 , i     is the internal energy at a nominated reference state. The evaluation of    C v    for the component species uses the polynomials collated by McBride and Gordon [14] for their CEA2 program, and the values for    e 0    for each species are set to their enthalpies of formation at 298.15 K, which are the reference enthalpies given by McBride and Gordon also. These polynomials are only valid over specified temperature ranges. When temperatures outside of the valid ranges are encountered, the value for    C v    is considered constant at the value at the range limits. The specific heat at constant pressure    C p    is then calculated as    C p  =  C v  + R  . The thermal conductivity and the viscosity are considered using the Sutherland equation. Similar for    C v   , the value of thermal conductivity and the viscosity is considered constant at the value at the range limits.




2.3. Radiation Model


The surface temperature of the hypersonic aircraft can increase to 1000 K. Radiation heat transfer cannot be ignored at high temperatures; it even acts as the main heat transfer mechanism in some cases. Therefore, the radiation heat transfer model must be added to the aerodynamic thermal model. The Discrete Ordinates model (DO model) is the most widely used radiation model and requires only coarse meshes of radiation area [15]. Moreover, the DO model has a fast operation speed. In this study, the DO model is used for radiation heat transfer calculation.




2.4. Fluid-Thermal Coupling Model


The numerical calculation process for the thermal coupling of the external flow field and structure field of the hypersonic aircraft is shown in Figure 1.



The fluid-thermal coupling of hypersonic aircrafts [16] is calculated as follows:



1. The coupling wall temperature of the fluid domain is set, and calculation is performed on the fluid domain (external flow field). Then, the heat flux ( q ) and near wall temperature (   T  n w    ) of the coupling surface in the fluid domain are obtained. The convective heat transfer coefficient ( h ) of the coupling surface is calculated using the following equation:


  h =  q   T  n w   −  T  f w  n     



(10)







2. The boundary conditions of heat transfer calculation in the solid domain, such as the near-wall temperature and convection heat transfer coefficient on the coupling surface of the fluid domain, are set. Numerical calculation is performed to obtain the wall temperature (   T  s w  n   ) of the coupling surface in the solid domain.



3. The wall temperature of the solid coupling surface is calculated as:


   T  f w   n + 1   =  T  f w  n  + β  (   T  s w  n  −  T  f w  n   )   



(11)







The calculation result is used as the boundary conditions for the subsequent numerical calculations in the fluid domain.



4. Repeat steps 1–3 until the wall temperature is converged.





3. Numerical Validation


3.1. Numerical Validation of Aerodynamic Thermal Simulation of the Hypersonic Flow Field


We adopted the classical HB-2 hypersonic aircraft model [17] of the Advisory Group for Aerospace Research and Development (AGARD) to analyze the aerodynamic and thermal characteristics of the hypersonic flow field. The commercial software ANSYS Fluent was selected to perform the simulations. To validate the accuracy of the aerodynamic and thermal simulation of the hypersonic flow field, the numerical simulation results with the wind tunnel test data [18] obtained from AGARD and Japan Aerospace Exploration Agency (JAXA) were compared. The inflow parameters of the JAXA hypersonic wind tunnel test are presented in Table 1. The JAXA wind tunnel test model is a standard HB-2 model consisting of a spherical dome, a cone segment, a cylinder segment, and a tail expansion segment. The circular cross-section diameter of the JAXA wind tunnel test model is D = 100 mm, and the other parameters are shown in Figure 2. We focus on the aero-thermal analysis of hypersonic flight at zero attack angle. Because the HB-2 model is axisymmetric, the hypersonic flow outside the HB-2 model can be taken as symmetrical flow. To improve computational efficiency, a two-dimensional (2D) model is used in the numerical simulation, and only half of its 2D plane model is drawn. The grid division and boundary conditions are illustrated in Figure 3, and Figure 4 shows an enlarged view of the HB-2 dome near-wall grid division.



The results for the regional meshing of the hypersonic flow field are validated. As shown in Figure 5 and Figure 6, the surface pressure and heat flux of the HB-2 model with different grid numbers are distributed along the axial direction. The surface pressure P and the axial position X of the HB-2 model are treated as dimensionless parameters with the stagnation pressure Ps and the total axial length L of the model as reference values. As shown in Figure 5, there is no obvious difference for the results of three grids, indicating that the numerical calculation of pressure distribution of the hypersonic external flow field by these grids is independent. In addition, as depicted in Figure 6, there is no obvious difference between the calculation results for the axial heat flux distribution for 13,400 grid cells and 26,800 grid cells. However, the heat flux calculation results for 6700 grid cells are different from those of the other two grids. Therefore, the case with 13,400 grid cells has the characteristics of grid independence in calculating the heat flux of the hypersonic flow field. Thus, considering the computational efficiency, a 13,400 grid cells-mesh model is used to simulate the aerodynamic heat of the hypersonic external flow field.



Figure 7 shows the numerical simulation results and JAXA test results in the hypersonic wind tunnel for the distribution of heat flux along the axial wall at Mach 9.6. The simulation results are dimensionless, and the coordinate is exponentially displayed to highlight the heat flow distribution in each position of the model for comparing the heat flow of each position with the experimental results. The comparison of JAXA wind tunnel test data and numerical simulation results reveals that they are consistent, thus showing the effectiveness of the proposed numerical method.




3.2. Numerical Method Validation of Fluid–Thermal Coupling


The feasibility and accuracy of the proposed numerical simulation method of fluid-thermal coupling are validated using Wieting’s hypersonic circular pipe flow test [19] in the NASA Langley 8-foot-long high-temperature wind tunnel. The circular tube model used in the hypersonic circular tube flow test has an inner diameter of 25.4 mm and an outer diameter of 38.1 mm. The round pipe is made of stainless steel. The inflow conditions of the hypersonic wind tunnel test are presented in Table 2.



According to the abovementioned wind tunnel test settings and test data, a 2D model for hypersonic circular pipe flow is established. Because the tube is symmetrical, we mainly focus on the aerodynamic heat transfer characteristics of the windward side of the circular tube. To improve the calculation efficiency, only a quarter of the model grid of the circular tube is constructed, and the calculation grid and boundary conditions are set, as shown in Figure 8.



Figure 9 shows the distribution of heat flux density on the wall of a circular pipe in the process of unsteady fluid–thermal coupling calculation. At this time, the wall temperature is high and changes with time. The coordinate in the figure shows the ratio of the heat flux at each time point to the heat flux at the stagnation point at 1 s. The abscissa is the angle between the wall position and the central axis. As shown in Figure 9, the heat flux of the coupling wall shows good agreement with the experimental value. Figure 10 shows the temperature change of the outer wall of the round pipe with time. The temperature distribution on the wall of the circular pipe at 4 s was consistent with the wind tunnel test results [20]. Thus, the proposed numerical method is accurate in simulating the fluid–thermal coupling problem of a hypersonic circular pipe.





4. Physical Model and Boundary Conditions


4.1. Physical Model and Grid Division


Figure 11 shows the geometry of a hypersonic aircraft, which is a completely axisymmetric blunt body composed of a spherical dome and a conical shell, and the thickness of the shell is 5 mm. Although the blunt body shape increases the resistance, it reduces aerodynamic heating.



The shape of the hypersonic aircraft is symmetrical along the axial direction. To improve the efficiency, only a quarter of the model grid is constructed. The grid cells of flow field and structure field are all structured grid cells. Figure 12 depicts the calculation grid of the aircraft optical dome and its external flow field. Considering the fluid–thermal coupling, the boundary layer is captured near the wall of the structure. The first grid cell of the boundary layer is set as 1 × 10−5 m to ensure that the y + value of the wall grid is of the order of 1. The growth ratio of boundary layer grid cells is 1.1, and the total number of grid cells is 48,000.




4.2. Boundary Conditions


The parameters of the far-field conditions of inlet and outlet pressure are given by the self-programmed User-Defined Functions (UDF). In UDF, the piecewise function of the Mach number, atmospheric pressure, and atmospheric temperature with time are expressed. In the process of unsteady calculation, the DO model is used to consider the effect of radiation, and both the gas and the structure are considered. For the radiation parameters of solid structures, the emissivity of two shell materials is presented in Table 3, and default values are used for the other radiation parameters. The boundary condition of radiant heat is set for the inner wall of the shell.





5. Results and Discussion


We have studied the temperature and pressure of the aircraft optical dome during the whole flight. The flight time is from 20 s to 330 s. To simplify the analysis, we assume that the attack angle is 0°. Figure 13 shows the change of aircraft flight altitude with time. The maximum flight altitude is approximately 60 km, and the aircraft enters the reentry section immediately after reaching the maximum altitude at about 160 s.



The flight velocity at different flight altitudes affects the aerodynamic heating of the aircraft. The flight velocity of the aircraft is shown in Figure 14. The flight velocity rapidly increases to the hypersonic state at 20 s, and the maximum velocity of the aircraft reaches about 2500 m/s. Subsequently, the flight remains in a hypersonic state in a certain period. At around 300 s, the aircraft begins to decelerate from the hypersonic state, the velocity of the aircraft drops from 2000 m/s at 276 s to 500 m/s at 330 s.



Figure 15 shows the changes in the average temperature of the inner and outer walls of the optical dome with time. The wall temperature distribution exhibits an “M” shape, with two high-temperature cusps and one low-temperature cusp. At 70 s, the average temperature reaches the first peak of 1565 K. At 290 s, the average temperature reaches the second peak of 1560 K. There is a low-temperature cusp between the two peaks at 190 s, when the average temperature of the optical dome is 1130 K. The temperature increases rapidly before 70 s and reaches 1550 K at around 50 s. From 70 s to 290 s, the temperature firstly decreases and then increases, but the total change is within 450 K. It can be seen from Figure 13 that the aircraft experiences lift-off and reentry processes during this period. From 290 s to the end, the temperature decreases rapidly, and the change rate of temperature is similar to that at the beginning of the flight.



Figure 16 shows the maximum temperature of the optical dome during the flight. The trend of the maximum temperature of the optical dome is similar to that of the average temperature distribution. The first peak (1660 K) of the maximum temperature appears at 70 s, and the second peak (1640 K) appears at 290 s. Between the two high-temperature cusps, a low-temperature cusp (1190 K) appears at 190 s. From the results shown in Figure 15 and Figure 16, it is found that the time when the average temperature is the highest overlaps with the time when the wall temperature is the highest. Due to the long flight duration, heat conduction inside the optical dome transfers the heat evenly, and the temperature gradient of the structure decreases correspondingly. The optical dome temperature changes continuously during the flight. When the temperature in one position is very high, the temperature in other positions also increases due to heat conduction. In addition, there is a fourth-power relationship between radiation effect and temperature. The radiation effect in high-temperature areas is stronger than that in low-temperature areas; this also balances the wall temperature distribution. Therefore, the maximum temperature and average temperature of the optical dome are related.



Figure 17 shows the maximum pressure on the outer wall of the optical dome with time during the flight. The wall pressure is high at both ends and low in the middle. The maximum pressure on the optical dome wall is below 700 kPa during the whole flight. The hypersonic wall pressure distribution is closely related to the inflow pressure and Mach number, and the inflow pressure is related to the flight altitude. Generally, the higher the flight altitude, the thinner the air and the lower the inflow pressure. At an altitude of 60 km, the atmospheric pressure is less than that of the horizontal plane. As shown in Figure 17, the pressure on the optical dome wall firstly increases and then decreases. The rapid increase in the Mach number plays a major role in this process, and the decrease is caused by the decrease in the inflow pressure due to the change in the flight altitude. In the reentry phase, the pressure firstly increases and then decreases, which is contrary to the pressure change in the previous phase. Firstly, the pressure on the optical dome wall increases due to the altitude decrease and the inflow pressure increase. Then, the pressure on the optical dome wall decreases due to the sharp decrease in Mach number. Although the pressure on the optical dome wall varies greatly during the whole flight, the pressure magnitude is far below the maximum safety range of the optical dome. Therefore, the aerodynamic heat problem encountered in the aircraft is more serious and prominent than the problem of structure pressure.



According to the overall temperature and pressure changes of the optical dome, the whole flight can be divided into four periods for detailed analysis according to the “M” shape. The first time period is from 20 s to 70 s, the second period is from 70 s to 190 s, the third period is from 190 s to 290 s, and the fourth period is from 290 s to the end time of 330 s. The aerodynamic heat transfer characteristics of the optical dome are analyzed in combination with the variation of the inflow parameters such as flight altitude and the Mach number.



5.1. Analysis of Results in the First Period


Figure 18, Figure 19, Figure 20 and Figure 21 show numerical results of the aircraft structure and the temperature field, the pressure of the external flow field, and temperature distribution of the optical dome structure at different time points in the first period (between 20 s and 70 s), respectively.



Figure 18 shows the results at 22 s when the flight altitude is approximately 3.5 km; the maximum temperature of the external flow field is around 420 K, and the temperature of the solid structure does not increase much compared with the inflow temperature. At this time, the flight velocity is less than Mach 2, the generated shock wave presents a large shock angle, and the parameters before and after the shock wave change only slightly. The maximum pressure near the optical dome is approximately 240 kPa and gradually decreases along the direction of fluid flow as the velocity increases. From the temperature distribution of the optical dome structure, shown on the right side of Figure 18, the outer wall of the optical dome is heated up and conducts heat to the inside. However, because the aerodynamic heating time is relatively short, the aerodynamic heat intensity is not high when the Mach number is not large, and the overall temperature of the optical dome structure changes slightly.



Figure 19 shows the results at 38 s when the flight altitude is around 9.5 km. This is the stage where the aircraft is accelerating but has not yet entered the hypersonic flight state. The maximum temperature of the external flow field increases to over 900 K, and the temperature of the external flow field near the optical dome is higher than that of the other positions of the aircraft structure. At this time, due to the improvement in the pneumatic heating intensity and sufficient heat conduction time inside the structure, the optical dome temperature is close to 650 K. With the increase of the flight velocity, the shock wave becomes increasingly intense. The wave angle decreases, and the parameter changes before and after the shock wave increase. From the pressure of the external flow field, it can be seen that the pressure near the back reaches 500 kPa, which is close to 5 atm. From the temperature distribution of the optical dome, it can be seen that the maximum temperature is over 700 K, and the temperature difference in the radial and circumferential structure inside the optical dome increases. This leads to changes in the heat flux distribution between the external flow field and the optical dome and the difference in the intensity of radiation heat dissipation in the sapphire optical dome.



Figure 20 shows the results at 53 s when the flight altitude is around 17 km. After a period of acceleration, the flight velocity exceeds Mach 5, and the aircraft enters the hypersonic flight state. The maximum temperature of the external flow field exceeds 1800 K, which shows the severity of aerodynamic heating of the optical dome during hypersonic flight. With the increase in the flight velocity, the temperature of the flow field behind the shock wave increases due to intense compression. The temperature of the hypersonic aircraft structure continues to increase due to the increasing external aerodynamic heating. From the temperature distribution of the optical dome, it can be seen that the maximum temperature near the outer wall is 1250 K, and the minimum temperature on the inner wall is over 1030 K.



From the pressure distribution of the external flow field, it can be seen that the maximum pressure on the optical dome is approximately 450 kPa and remains at a high level during the whole flight. From the maximum pressure shown in Figure 17 and the analysis of the results at 38 s, it can be observed that the high-pressure interval between 38 s and 53 s is mainly due to the strong pressure increase after the shock wave caused by the continuous acceleration of the aircraft, and the increase in the flight altitude leads to a decrease in the inflow pressure.



Figure 21 shows the results at 70 s; the first high-temperature cusp appears at this moment. At this moment, the flight altitude is around 24 km, the flight velocity is 2528 m/s, and the maximum temperature of the external flow field near the optical dome is over 3400 K. The aerodynamic heating effect is the strongest, the structure temperature reaches the peak, and also the radiation heat dissipation reaches the highest value. The moment when the temperature reaches its maximum is not the moment when the velocity reaches its maximum because of the dynamic balance between aerodynamic heating and radiation heat dissipation. In addition, the internal heat conduction of the structure has a greater effect relative to aerodynamic heat and radiation heat transfer. Under the combined action of hypersonic aerodynamic heating, radiation heat dissipation, and heat conduction inside the structure, the temperature distribution of the optical dome structure is as shown in Figure 21, from which it can be seen that the maximum temperature of the optical dome reaches 1650 K.



The inflow pressure is only 2320 Pa due to the flight altitude, which is less than one-fifth of the pressure at 53 s. The inflow velocity does not increase much. According to Figure 21, the maximum pressure on the outer wall is approximately 250 kPa.




5.2. Analysis of Results in the Second Period


Figure 22, Figure 23 and Figure 24 show the results of the temperature field, pressure of the external flow field, and temperature distribution of the optical dome structure at different time points in the second period (between 70 s and 190 s), respectively.



Figure 22 shows the results at 109 s, when the flight altitude is around 49 km; the velocity of the aircraft changes little during the second period. The velocity fluctuates at 2500 m/s from 70 s to 109 s. The maximum temperature of the external flow field is around 3200 K, which is slightly lower than that at 70 s, mainly because of the influence of flight altitude on the inflow parameters. The decrease in the inflow temperature not only directly affects the temperature behind the shock wave but also affects the local sound speed. As the Mach number is the ratio of the inflow speed to the local sound speed, it affects the inflow Mach number and indirectly affects the temperature distribution outside the optical dome. Because of the weakening of external aerodynamic heating, the radiation heat dissipation becomes greater than the aerodynamic heating, and the temperature of the optical dome structure drops although the temperature of the external flow field is still high. The maximum temperature of the optical dome structure decreases from 1650 K to 1340 K at 70 s, and the temperature of the outer side wall decreases faster than that of the inner side wall.



From the pressure distribution of the external flow field, it can be seen that the maximum pressure on the optical dome at this time is only approximately 8 kPa and is at a relatively low level during the whole flight. As can be seen from the variation in the flight altitude with time shown in Figure 13, the flight altitude at this moment is close to the maximum flight altitude, the atmosphere is thin, and the inflow pressure is extremely low. The pressure on the optical dome wall shows a very low level.



Figure 23 shows the results at 149 s, when the flight altitude is around 59 km, which is close to the maximum altitude of 60 km. The maximum temperature of the external flow field at this moment is approximately 3000 K, while the maximum wall pressure is only 2.2 kPa. The maximum temperature of the optical dome structure is approximately 1240 K. Compared with the results at 109 s, temperature of the external flow field, pressure of the external flow field, and internal temperature of the optical dome structure decrease. The reason for the decrease is similar to the analysis at 109 s. Due to the further increase of the flight altitude, the aircraft is in an atmospheric environment with low temperature, low pressure, and low density (thin air). The aerodynamic heating effect continues to weaken, while the radiation heat dissipation continues to strengthen due to the fourth square correlation with the structure temperature, resulting in the decrease of the optical dome structure temperature. The pressure on the optical dome wall remains extremely low due to the low-pressure environment.



Figure 24 shows the results at 190 s, which is the low-temperature cusp of the optical dome structure temperature in the flight. The flight altitude is around 55 km, and the aircraft has just entered the reentry phase. At this moment, the maximum temperature of the external flow field near the optical dome remains at approximately 3000 K, but the structure temperature continues to decrease, and the maximum temperature of the optical dome structure is less than 1200 K. The cooling effect in this stage is mainly accomplished by the radiation of the optical dome structure, and the rate of change of aerodynamic heating in the external flow field is very small. As the structure temperature continues to decrease during this period, it adversely affects the radiation and heat dissipation, gradually weakening it and reaching a new balance with the aerodynamic heating. The wall pressure at this moment is still at a low level due to the flight altitude, and the maximum wall pressure is only 3 kPa.




5.3. Analysis of Results in the Third Period


Figure 25 and Figure 26 show the results of the temperature field, the pressure of the external flow field, and the temperature of the optical dome structure at 239 s and 290 s, respectively. At 239 s, the flight altitude decreases to around 33 km, and the flight velocity decreases slightly compared with the second period. The temperature of the external flow field near the optical dome is above 2800 K, and the maximum temperature is around 3000 K. As the optical dome has cooled to below 1200 K in the second period, the average temperature difference between the optical dome structure and the external flow field near the optical dome increases to nearly 2000 K. This temperature difference increases the intensity of aerodynamic heating and the balance between aerodynamic heating and radiation heat dissipation no longer exists. The temperature outside the optical dome increases, and the heat is transferred inside. The maximum temperature of the optical dome structure increases to over 1480 K at this moment, and the temperature of the optical dome edge and inner wall surface increases to over 1220 K. It can be seen from the pressure of the external flow field that the pressure near the back cover wall of the shock wave increases to 85 kPa. This is mainly due to the decrease in flight altitude and denser air than that at 190 s; thus, the inflow pressure increases, which is finally reflected in the increase in the pressure on the optical dome wall.



Figure 26 shows the results at 290 s, when the flight altitude decreases to around 20 km, and the optical dome structure temperature increases to the second temperature peak after this time period. With the decrease in flight velocity, the maximum temperature of the external flow field decreases to approximately 2000 K. Before this moment, the dominant aerodynamic heating effect continues to decrease, while the previously weak radiation intensity continues to increase due to the continuous increase in the temperature of the optical dome structure. This phenomenon continues until 290 s, when there is a new thermal equilibrium state, exhibiting the second temperature peak. At this time, the maximum temperature of the optical dome structure is 1620 K, and the minimum temperature inside is around 1420 K.



The pressure of the external flow field is affected by the decrease in the flight altitude, and the pressure of the atmospheric inflow increases during this period, leading to the continuous increase in the pressure of the external flow field. At 290 s, the maximum pressure on the optical dome wall is 320 kPa.




5.4. Analysis of Results in the Fourth Period


Figure 27 and Figure 28 show the results of the temperature field, pressure of the external flow field, and temperature distribution of the optical dome structure at 310 s and 330 s, respectively.



At 310 s, the flight altitude decreases to approximately 9.3 km, and the flight velocity decreases to 1178 m/s. During this period, the aircraft slows down to prepare for landing. The temperature of the aircraft structure at this moment is already higher than the temperature behind the shock wave of the external flow field, that is, the optical dome began to convectively dissipate heat to the flow field. The radiation effect of the optical dome is still evident. Under the dual effects of convection and radiation, the optical dome structure temperature begins to decrease.



As the flight altitude decreases, the inflow pressure increases rapidly. Because the flight velocity is still 1178 m/s, the pressure rise after the shock wave is still evident. Under the influence of Mach number and inflow pressure parameters, the stagnation pressure of the optical dome is greater than 600 kPa.



Figure 28 shows the results of the final moment of the whole flight when the flight altitude is close to the ground. At this moment, due to the continuous decrease in flight velocity, the shock angle of the detached shock wave on the nose of the aircraft is very large, and the parameters before and after the shock wave change only slightly. The temperature of the optical dome structure is higher than the maximum temperature of the flow field, and heat is continuously dissipated through convection and radiation. The maximum temperature of the optical dome structure is approximately 640 K. The temperature of the conical section behind the optical dome is higher than that of the optical dome. Due to the internal heat conduction of the aircraft structure, the temperature gradient between the titanium-alloy conical section and the sapphire optical dome leads to heat transfer from the conical section to the optical dome; thus, the temperature at the position where the titanium-alloy conical section is connected to the optical dome is higher than that at other positions of the optical dome.



Because of the rapid decrease in flight velocity, the effect of the pressure of the aircraft after the shock wave is greater than that caused by the altitude change of the aircraft. The atmospheric pressure parameters at the altitude of 9.3 km at 310 s show little difference with those at the altitude near the ground. It can be seen from Figure 14 that the flight velocity at 330 s roughly decreases by half compared with that at 310 s. Therefore, the maximum wall pressure during this period decreases continuously, and the maximum wall pressure at 330 s is only 250 kPa.





6. Conclusions


In this study, the aerodynamic heat transfer characteristics of a hypersonic aircraft optical dome are studied, and the main conclusions are listed as follows:



(1) The distribution of average and maximum temperature on the inner and outer walls of the optical dome exhibit an M-shaped pattern, with two high-temperature cusps (70 s and 290 s) and one low-temperature cusp (190 s), and the highest average temperature coincides with the maximum wall temperature. Heat conduction in the optical dome and radiation in the high-temperature areas balance the wall temperature distribution.



(2) The wall pressure of the hypersonic aircraft changes with time during the whole flight process, showing the characteristics of high pressure at both ends of the time period and low pressure in the middle. The initial increase in the optical dome pressure is due to the rapid increase in flight Mach number, and the subsequent decrease is due to the decrease in flight altitude, leading to the decrease of inflow pressure. The reentry pressure firstly increases and then decreases, but the pressure on the optical dome wall increases continuously due to the altitude decrease. The pressure on the optical dome wall decreases due to the sharp decrease in Mach number.



(3) From 20 s to 290 s, the temperature of the external flow field near the optical dome is higher than that near other positions of the aircraft structure. Because of the severe aerodynamic heating of the nose during hypersonic flight, with the increase in flight velocity, the gas behind the shock wave of the external flow field is compressed more violently, resulting in an increase in the temperature.



(4) The structure temperature of the hypersonic aircraft is higher than the temperature behind the shock wave in the external flow field at 310 s and later. At this time, the optical dome begins to dissipate heat convection to the flow field, and the radiation effect of the optical dome is still obvious. Under the dual effects of convection and radiation, the optical dome temperature begins to decrease.
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Nomenclature




	
CP

	
Specific constant pressure heat capacity, J/(kg·K)




	
D

	
Diameter, m




	
h

	
Convection heat transfer coefficient, W/(m2·K)




	
K

	
Heat transfer coefficient




	
k

	
Coefficient; Turbulence kinetic energy per unit mass, m2/s2




	
L

	
Length, m




	
P

	
Pressure, Pa




	
Pk

	
Turbulence generation rate




	
q

	
Heat flux, W/m2




	
Re

	
Reynolds number




	
ST

	
Viscous dissipation term




	
T

	
Temperature, K




	
t

	
Time, s




	
uk

	
Turbulent viscosity, kg/(m·s)




	
v

	
Velocity, m/s




	
y+

	
Non-dimensional grid spacing at wall




	
Greek Symbols




	
α

	
Constant, α = 5/9




	
β’

	
Constant, β’ = 0.09




	
ρ

	
Density, kg/m3




	
σk

	
Constant, σk = 2




	
Subscripts




	
1

	
1 s moment




	
s

	
Stationary point




	
nw

	
Near wall




	
fw

	
Fluid domain coupling surface




	
sw

	
Solid domain coupling surface
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Figure 1. Calculation method of fluid-thermal coupling. 
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Figure 2. Dimensions of the standard HB-2 model. 
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Figure 3. Grid division of the external flow field. 
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Figure 4. Enlarged drawing of HB-2 dome near-wall mesh division. 






Figure 4. Enlarged drawing of HB-2 dome near-wall mesh division.
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Figure 5. Surface pressure distribution of the model along the axial direction. 
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Figure 6. Surface heat flux distribution of the model along the axial direction. 
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Figure 7. Numerical and experimental results for the heat flux distribution along the axial wall of the HB-2 model at Mach 9.6. 
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Figure 8. Mesh generation of fluid-thermal coupling model around the circular pipe. 
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Figure 9. Variation of wall heat flux distribution with time. 
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Figure 10. Variation of wall temperature distribution with time. 
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Figure 11. Geometry of the hypersonic aircraft. 
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Figure 12. Grid of flow field and structure field. 
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Figure 13. Variation of altitude during the flight. 
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Figure 14. Variation of velocity during the flight. 
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Figure 15. Variation of the average temperature of the inner and outer walls of the optical dome with time. 
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Figure 16. Variation of the maximum temperature of the optical dome with time. 
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Figure 17. Variation of maximum pressure on the optical dome wall with time. 
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Figure 18. Calculation results at 22 s. 
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Figure 19. Calculation results at 38 s. 
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Figure 20. Calculation results at 53 s. 
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Figure 21. Calculation results at 70 s. 
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Figure 22. Calculation results at 109 s. 
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Figure 23. Calculation results at 149 s. 
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Figure 24. Calculation results at 190 s. 






Figure 24. Calculation results at 190 s.



[image: Energies 15 08619 g024]







[image: Energies 15 08619 g025 550] 





Figure 25. Calculation results at 239 s. 
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Figure 26. Calculation results at 290 s. 
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Figure 27. Calculation results at 310 s. 
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Figure 28. Calculation results at 330 s. 
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Table 1. Inflow parameters of the JAXA hypersonic wind tunnel test model.
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	Name
	Temperature (K)
	Pressure (Pa)
	Mach Number
	Reynolds Number





	size
	52
	75
	9.6
	2.1 × 106
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Table 2. Inflow conditions of the hypersonic wind tunnel test.
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	Mach Number
	Inflow Temperature (K)
	Inflow Pressure (Pa)
	Reynolds Number





	6.47
	241.5
	648.1
	1.31 × 106
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Table 3. Material properties of the aircraft structure.
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	Material
	Density (kg·m−3)
	Specific Heat Capacity (J·(kg·K)−1)
	Thermal Conductivity (W·(m·K)−1 )
	ε





	Sapphire
	3980
	780
	35
	0.92



	TC4
	4850
	544.25
	7.44
	0.5
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